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NATIONAL AERONAUTICS AND SPACE ADMINISTRATION 

' 

TECHNICAL MEMORANDUM x-702 

PRESSURE DISTRIBUTIONS ON A FLAT-PLATE DEZTA WING 

SWEFT 65' AT A MACH NUMBER OF 5.97 AT ANGLES OF ATTACK 

FROM 65' TO 115' AND ANGLES OF ROLL FROM 00 TO 2 5 O  

AT A 90' ANGm OF ATTACK* 

By Theodore J. Goldberg and James G. H o n u  

?33 a3 
Pressure dis t r ibut ions on a f la t -plate  de l t a  w i n g  swept 65' with 

squared leading and t r a i l i n g  edges and sharp corners w e r e  obtained a t  a 
Mach nuniber of 5.97 and a Reynolds number of 2.3 x lob through an angle- 
of-attack range of 65O t o  ll5O and a t  angles of r o l l  from Oo t o  2 5 O  at a 
90° angle of attack. 
existence of stagnation pressure on the lower surface at  a l l  angles of 
a t tack with the possible exception of 6 5 O .  
t o  looo, the  stagnation point shifted from 15 t o  85 percent of the  root 
chord. 
stagnation point moved toward the t r a i l i n g  edge and the upstream wing 
t i p ;  a t  a r o l l  angle of Oo, the  stagnation point was located on the mid- 
span at  67 percent of the root chord; and a t  a 25' angle of r o l l  it was 
located at  90 percent of the root chord and 85 percent of the semispan. 
A t  an angle of attack of looo, the pressure dis t r ibut ions along the f i rs t  
two-thirds of the chords indicate nearly constant pressure r e l i e f  along 
the  leading edge. A t  angles of attack other than looo, the dis t r ibut ions 
indicate tha t  the leading-edge pressure r e l i e f  var ies  with angle of attack, 
with the  greatest  variation at the lower angles. 
along the  last  10 percent of the root chord at  each angle of attack i s  
almost constant. A correlation of the r a t i o  of loca l  t o  maximum pressure 
coeff ic ients  as a function of a nondimensionalized distance from the cen- 
t r o i d  of the  model a t  a 90' angle of a t tack indicates a nearly constant 
pressure dis t r ibut ion along a l l  rays emanating from the centroid of the 
wing surface w i t h  the exception of the trailing-edge corner. Comparisons 
with data  obtained on flat-faced cylinders indicate tha t  pressure d i s t r i -  
butions at goo angle of attack a re  essent ia l ly  unaffected by changing 
from a de l t a  t o  a circular  planform. The predictions of normal-force 
coeff ic ient  a t  various angles of attack and r o l l  made by using modified 
Newtonian theory did not agree with t e s t  resu l t s  except around TO0 and 
110' angles of a t tack  and a t  an angle of r o l l  of about 1-60. 

The resu l t s  of t h i s  investigation indicate the 

A t  angles of attack from 80' 

A t  an angle of attack of goo, as the r o l l  angle increased, the  

The pressure relief 



............... . . e.. e. . . . . . . . . . . . . . . . .  . . . . . . . . . . . . . . . . . .  . . . . . . . . . . . . . . . .  
2 

INTRODUCTION . 

The use of Newtonian and modified Newtonian theories  has proved t o  
be of value i n  t h e  prediction of forces on bodies at hypersonic ve loc i t ies  
(ref. 1, f o r  example). However, there are no known exact theories  t o  pre- 
d i c t  the pressure dis t r ibut ions on f l a t -p l a t e  bodies (such as the del ta  
wing) a t  angles of a t tack  greater than those fo r  shock detachment a t  
hypersonic Mach numbers. 
t h i s  area has inhibited the  development of a theoret ical  o r  empirical 

I n  addition, the dearth of experimental data  i n  

thod of accurately predicting the  pressure dis t r ibut ions on such bodies 
es t igat ion has been i n i t i a t e d  a t  the  NASA Langley Research 
detai led pressure measurements for  delta wings over a 

ch numbers and angles of attack. 
ound i n  references 2 t o  5. 

Some of  the recent 

The purpose of this paper i s  t o  present detai led pressure dis t r ibu-  
t ions  on the pressure surface of a 1/8-inch-thick, f la t -p la te  del ta  wing 
swept 65O w i t h  a 4.00-inch root chord at a Mach number of 5.97 and angles 
of attack from 6 5 O  t o  ll5O and at  angles of r o l l  from 0' t o  25' a t  a 
90' angle of at tack. 
20-inch Mach 6 tunnel a t  a Reynolds number of 2.3 x 10 
root chord. 

U 

This investigation w a s  carr ied out i n  the Langley 
6 based upon the 

SYMBOLS 

b/2 maximum semispan, i n .  

CN normal-force coeff ic ient ,  F~ /%s  

C~,900 normal-force coeff ic ient  i n  r o l l  a t  a go0 angle of a t tack  

C chord, in .  

C r  root chord, in.  

*N normal force, l b  

& ?. 
. 
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length of leading edge of wing, in. 

free-stream Mach number 

free-stream s t a t i c  pressure, lb/sq in.  abs 

loca l  measured pressure on body, lb/sq in. abs 

stagnation pressure behind normal shock, lb/sq in.  abs 

free-stream dynamic pressure, lb/sq in. abs 

radial length from model centroid, in .  

planform area, sq in.  

distance along ray or  chord, in. 

body-axis system of coordinates (see table  I) 

angle of attack, deg 

angle of r o l l ,  deg 

This investigation was conducted i n  the Langley 20-inch Mach 6 tunnel. 
The tunnel, which has been described in  reference 6, i s  a blowdawn-to- 
atmosphere type capable of operation at  a maximum stagnation pressure of 
580 pounds per square inch absolute and a maximum stagnation temperature 
of 600O F. The a i r  i s  dried by an activated alumina dryer designed t o  
provide a dewpoint temperature of -h0 F at 600 pounds per square inch 
absolute. 

The model was supported in the  tunnel by the gooseneck support system 
shown i n  figure 1, which: pitched the model in the horizontal plane. This 
mrpport s y s t e m  provided an angle-of-attack range of 50'. The models were 
mounted with the upper surface normal t o  the center l i n e  of the Sting; 
this resulted in a model angle-of-attack range from 65' t o  1 1 5 O .  A 90' 
rotat ion of the  model on the sting permitted t e s t s  at ro l l  angles of 0' 
t o  25O a t  a goo angle of attack. 

The angles of attack and roll were measured mechanically by a counter 
geared t o  the  v e r t i c a l  shaf t  of the support system. 
were recorded by photographing a multiple-tube mercury manometer. 

A l l  model pressures 
Tunnel 
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I '  stagnation pressures were measured with a Bourdon gage calibrated from 
0 t o  600 pwnds per square inch. 

The t e s t s  were conducted a t  a stagnation pressure of 363 pounds per 
square inch absolute and a temperature of 400' F which yielded a model 
Reynolds number of 2.3 x 10 6 based on root chord. 

MODEL 

L 
1 
6 
1 
3 

The model uspd i n  t h i s  investigation w a s  a 1/8-inch-thick, f la t -p la te  
de l t a  wing swept 6 5 O  w i t h  a root chord of 4.00 inches, a span of 
3.73 inches, squared leading and t r a i l i n g  edges, and sharp corners. The 
model o r i f i ce s  had inside diameters of 0.013 inch connected j u s t  behind 
the  model t o  tubing with an inside diameter of 0.070 inch. 
dimensions and o r i f i ce  locations are  given i n  table I. A photograph of 
t h e  model i s  shown i n  f igure 2. 

All model 

DATA mDUCTION AND ACCURACY 

Due t o  the  symmetry of the  model, the  pressures measured a t  o r i f i ce s  
having the same locations on each side of t h e  root chord were averaged 
and the results a re  presented f o r  only one-half of the  model a t  various 
angles of at tack. Since the  Mach number i n  the  tunnel i s  known t o  vary 
with t i m e ,  i n  order t o  obtain b e t t e r  accuracy t h e  Mach number at each 
angle o f  a t tack and r o l l  posit ion w a s  determined by assuming t h a t  t h e  
maximum faired value of the  measured pressure r a t i o s  ( r a t i o  of l oca l  
pressure on the  model t o  tunnel stagnation pressure) w a s  equal t o  the  
t o t a l  pressure r a t i o  across a normal shock. 
dis t r ibut ions over the  windward surface of the  model, pressures along 
a l l  rays shown i n  tab le  I were cross-faired so tha t  t h e  value a t  each 
intersection was the same fo r  a l l  curves through t h a t  point.  Normal-force 
coefficients 'were obtained by f i r s t  integrat ing along each chord l i n e  and 
then integrating i n  the  spanwise direct ion.  

I n  order t o  obtain pressure 

The Mach number f o r  t h i s  invest igat ion was 5.97 2 0.02. The e s t i -  
mated m a x i m u m  e r ror  of measurement of each local-pressure point and the  
stagnation pressure i s  0.5 percent of t he  maximum measured value. 
alinement and angles of a t tack  and r o l l  are believed t o  be accurate 

Model 

to kO.50. . 
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RESULTS AND DISCUSSION 

Typical schlieren photographs of the model i n  the angle-of-attack 
and r o l l  a t t i tudes  are shown i n  figure 3 t o  indicate the shape of the 
shock. 
sure on the windward surface t o  the free-stream s t a t i c  pressure) along 
several chord l ines ,  leading and t r a i l i n g  edges, and rad ia l  rays emanating 
from the  o r i f i ce  nearest the apex and from the  center of gravity of the  
model are presented i n  figures 4 t o  8 f o r  angles of a t tack from 65' t o  
115O and f o r  angles of r o l l  from 0' t o  2 5 O  a t  a 90° angle of attack. 
addition, the normal-force coefficients obtained by integration of the  
pressures over the windward surface are compared i n  figure 9 with those 
obtained from the force measurements of reference 7. 

Pressure dis t r ibut ions ( in  terms of the r a t i o  of the loca l  pres- 

In  

Angle of Attack 

The overal l  pressure distribution can best  be seen i n  figure 4( a ) ,  
which shuws the  chordwise distributions a t  four evenly spaced semispan- 
w i s e  s ta t ions where the  chordwise distances have been nondimensionalized 
on the bas i s  of individual chord lengths. 
along the center l i n e  of the wing (maximum chord) reveal t ha t  only a t  an 
angle of attack of 65' w a s  there no clear ly  defined peak. Therefore, it 
cannot be def in i te ly  established whether or  not a stagnation point was 
measured a t  t h i s  a t t i tude.  However, since the  maximum measured value 
does yield a Mach number within the known range of t he  tunnel, it was 
considered t o  be the stagnation value. 
of the tests, the  stagnation pressure w a s  def in i te ly  measured and found 
t o  move rearward t o  very near the t r a i l i ng  edge with increasing angle of 
attack. A curve of the chordwise stagnation-point sh i f t  i s  presented i n  
f igure 10, which shows that fo r  a change i n  angle of attack from 80° t o  
looo, the stagnation point moves f rom 15 percent t o  85 percent of t he  
maximum chord. 

The pressure dis t r ibut ions 

A t  a l l  the other angles of attack 

The general slope of the  pressure dis t r ibut ion along the center l i n e  
( f ig .  &(a)) can be seen t o  vary from negative t o  posit ive with increasing 
angle of attack, as expected. 
slopes a t  angles of a t tack above 90' are  greater  than those f o r  the com- 
parable angles of attack below 90' ( fo r  example, u = 110' compared with 
a = TO0) except a t  the  leading and t r a i l i n g  edges. This resul t  i l l u s -  
t r a t e s  the greater  relief afforded a t  the  nose fo r  a > 90' than a t  
the  t r a i l i n g  edge for  Nevertheless, f igure 9 shows t h a t  the  
normal-force-coefficient curve i s  nearly symmetrical about a = 90°, 
within experimental accuracy (results of force data of r e f .  2 are sym- 
metrical), as a result of the area dis t r ibut ion over which these pres- 
sures act .  The uniform value of  pressure r a t i o  predicted by modified 
Newtoniaa theory f o r  each angle of a t tack  i s  indicated by t i c k  marks a t  

However, the  absolute magnitudes of t he  

a < 90°. 
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the  right side of f igure 4(a). a = goo, the predicted pressure agrees 
w i t h  the measured value only at  the stagnation region. 
points the measured pressures are naturally lower because of the relieving 
ef fec ts  and, therefore, the predicted normal force i s  higher, as seen i n  
f igure 9. 
pressures are lower than stagnation pressure, and since a stagnation value 
w a s  measured, there a re  regions of higher pressure. 
relieving ef fec ts  resu l t  i n  regions of lower pressure. 
predicted value of the normal-force coefficient approaches the measured 
value until at  some angle of a t tack they are equal. For the de l ta  wing 
tested, t h i s  occurs a t  angles of attack of about TO0 and llOo, as seen i n  
f igure 9. a = goo, the predicted value 
of normal-force coefficient becomes lower than the measured value. 

A t  
A t  a l l  other 

A t  all other angles of attack of the investigation the predicted 

I n  addition, the 
Therefore, the 

With a fur ther  divergence from 

In  general, the  chordwise dis t r ibut ions for  the other three semispan- 
wise stations shown i n  figure 4(a) have trends similar t o  the dis t r ibut ion 
along the center l ine.  
attack. 
the f i r s t  two-thirds of the four chord l i nes  fall almost on a single l i ne ,  
indicating that  the pressure r e l i e f  a l l  along the leading edge must be 
about the same. However, w i t h  increasing divergence i n  angle of a t tack  
from a = looo, there i s  an increasing divergence i n  the dis t r ibut ions 
f o r  the  four chord l ines ,  w i t h  the greatest  difference occurring at  the 
lowest angles of attack. Thus, the re l ie f  along the leading edge varies 
inversely w i t h  angle of attack. From about 66 percent t o  100 percent of 
the chord, it can be seen i n  f igure 4(a) that the pressure dis t r ibut ions 
along the four chord l i n e s  indicate similar trends of pressure drop a t  
each angle of attack. It can fur ther  be seen from f igures  4(a) and 6(a) 
that  the pressure r e l i e f  along the last  10 percent of the root chord (at  
the t r a i l i ng  edge) a t  each angle of a t tack i s  almost constant, and only 
the magnitude of the pressure i s  changed w i t h  angle-of-attack variation. 

This i s  especially t rue  a t  the higher angles of 
A t  an angle of a t tack of looo, the pressure dis t r ibut ions over 

I 

A more detailed picture  of the pressure d is t r ibu t ions  along three 
rays para l le l  t o  the leading edge i s  presented i n  figure 5(a). 
value of 
rays are  approximately constant except near t he  model nose a t  the  extrem- 
i t i e s  o f t h e  angle-of-attack range. The approximate value of the  d i f fe r -  
ence i n  p2/po3 between the most outboard and inboard rays i s  about 5. 
A t  a 90' angle of a t tack the pressure along each ray remains nearly 
constant and supports the isobar concept of reference 3 .  

A t  each 
s, the differences between the pressure r a t i o s  a t  the three 

Figure 7(a) i s  a rad ia l  pressure d is t r ibu t ion  emanating from the 
apex or i f ice  of the model. A s  shown i n  the figure,  the greatest  devia- 
t ion  fromthe root-chord 
while t h e  root chord and 
same. The t i c k  marks on 
pressure level predicted 
attack. 

d i s t r ibu t ion  occurs along- the leading edge, 
t he  intermediate d is t r ibu t ion  remain about the 
the right of the  f igure indicate  the  constant 
by modified Newtonian theory a t  each angle of 



A correlation of t he  r a t i o  of local t o  m a x i m u m  pressure coeff ic ients  
a s  a function of a nondimensionalized distance from the centroid of the  
model a t  a 90' angle of a t tack i s  presented i n  f igure 8. The distances 
w e r e  nondimensionalized by dividing the distance along each ray by the  
t o t a l  length of the  ray. 
existence of nearly s i m i l a r  pressure dis t r ibut ion along all rays emanating 
f romthe  centroid with the exception o f  t he  ray t o  the trailing-edge cor- 
ner. 
rays t o  both trailing-edge corners at the 90' angle-of-attack posit ion i n  
the angle-of-attack and angle-of-roll a t t i tudes .  
with data from reference 8 and unpublished data a t  a Mach number of 5.95 
on a f la t ,  square-planform p l a t e  and a t  a Mach number of 8 on a f l a t -  
faced disk with a converging 30° afterbody indicate essent ia l ly  no d i f -  
ferences between the  pressure dis t r ibut ions resul t ing from planform varia- 
t i ons  at  a 90' angle of attack. 
equation of reference 9 i s  seen t o  be i n  very good agreement with the  
data. 

The prime indication of the  correlation i s  the 

The existence of t h i s  exception w a s  ver i f ied by mzasurements along 

A fur ther  comparison 

I n  addition, a curve from the empirical 

T h i s  curve was obtained from data f o r  Mach numbers of 2.0 t o  5.8. 

Angle of R o l l  

The e f fec t s  of r o l l  angle a t  a goo angle of a t tack a re  presented i n  
f igures  4(b), 5(b), 6(b),  and 7(b). 
equally spaced chord lines are  shown i n  f igure 4(b). 
ure 4(b), the nondimensionalized slopes and t rends of the curves remain 
about the  same with increasing angle of r o l l ,  w h i l e  the  pressure d i s t r i -  
butions separate themselves i n  an orderly manner from t h e  upstream wing 
t i p  t o  the downstream t i p ,  with the highest pressure occurring on the  
upstream side. 
50 percent of the chords i s  about 4 t i m e s  a s  great at  25' r o l l  angle a s  
a t  0' r o l l .  

The pressure dis t r ibut ions along 
A s  seen i n  f ig -  

The maximum difference i n  pressure along the span at 

A stagnation point w a s  found on one of t h e  chord l i n e s  a t  a l l  r o l l  
angles of the tests. The movement of  t he  stagnation point obtained from 
interpolat ion of the  chordwise pressure dis t r ibut ions a t  four semispan- 
wise s ta t ions  i s  presented i n  figure 11 i n  terms of percent root chord 
and percent maximum semispan. With increasing r o l l  angle (up t o  25O), 
t h e  stagnation point moves toward the t r a i l i n g  edge from about 67 percent 
t o  90 percent of t h e  root chord as it moves f romthe  root chord t o  about 
85 percent of the  maxim upstream semispan. 

. 
Leading-edge pressure re l ie f  as a Rmction. of r o l l  angle can be 

seen i n  f igure 5(b). 
upstream leading edge affords l e s s  pressure r e l i e f  than the  downstream 
edge because of t h e  stagnation-point movement and the  acceleration of 
flow from the stagnation point t o  the wing t i p  across the  model face. 
The pressure relief on the  downstream wing t i p  of the model increases 
with increasing r o l l  angle. 

A s  might be expected, the curves indicate t h a t  the  
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Figure 6(b) shows the  trailing-edge pressure r e l i e f  over the range 

of r o l l  angles of the  tests. The var ia t ion i n  pressure difference between 
trailing-edge s ta t ions along a chord l i n e  remains about constant, while 
the spanwise var ia t ion of pressure from wing t i p  t o  wing t i p  increases 
with increasing angle of r o l l  a t  a 90' angle of attack. 

A r ad ia l  pressure dis t r ibut ion emanating from the apex o r i f i ce  of 
the model i s  presented i n  f igure 7(b). It can be seen tha t  the  e f f ec t s  
of angle of r o l l  are  most pronounced near the  edges, while t h e  in te rna l  
dis t r ibut ions are re la t ive ly  unaffected up t o  and inclusive of 10' r o l l .  

r o l l .  
Above 10' r o l l ,  t he  in te rna l  spread increases with increasing angle of I 

8 
The normal-force coeff ic ients  over t h e  range of roll angles of the 1 

t e s t s  were obtained by integrat ing the  pressures and are shown i n  f ig-  
ure 9(b). 
A s  i n  the case of angle of attack, the  
Newtonian theory a t  only one point, 
theory predicts stagnation pressure a t  only Oo angle of r o l l .  
# = 16O, modified Newtonian theory overpredicts 

$f = 16O, it underpredicts C N , ~ O O .  

The agreement with the  force data of reference 7 i s  excellent.  
9 

C N , ~ O O  agrees with the modified 
# = 16O, because modified Newtonian 

Below 0 

C N , ~ O O ;  and above 

CONCLUSIONS 

The r e su l t s  of a pressure-distribution investigation a t  a Mach number 
of 5.97 on a f la t -p la te  de l t a  wing swept 6 5 O  through an angle-of-attack 
range of 6 5 O  t o  1 1 5 O  and angle-of-roll range of 0' t o  25' a t  a 90' angle 
of attack indicate  the  following: 

1. A stagnation point w a s  measured on the model at a l l  angles of 
a t tack w i t h  the  possible exception of 6 5 O .  
t o  looo, the  stagnation point shifted from 15 t o  83 percent of the root 
chord. 
stagnation point moved toward the  t r a i l i n g  edge and the  upstream wing 
t i p ;  a t  a r o l l  angle of Oo, the  stagnation point was located on the  mid- 
span a t  67 percent of the root chord; and a t  a 25O angle of r o l l  it w a s  
located a t  90 percent of the  root chord and 85 percent of t h e  upstream 
semi span. 

A t  angles of a t tack  from 80' 

A t  an angle of a t tack of 90°, as the  r o l l  angle increased, the 

2. A t  100' angle of a t tack  the  pressure d is t r ibu t ions  along the  
f irst  two-thirds of the chords indicate  a nearly constant pressure r e l i e f  
along the leading edge. 
the chordwise d is t r ibu t ions  t o  diverge, with the  grea tes t  difference 
occurring a t  the  lowest angles of a t tack.  The pressure r e l i e f  along t h e  
leading edge thus var ies  inversely with angle of a t tack ,  while the  pressure 

A deviation from a looo angle of a t tack causes 
c 
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relief along the last  10 percent of the root chord (at  the t r a i l i n g  edge) 
at  each angle of at tack i s  almost constant. 

3 .  A nondimensionalized correlation of the  r a t i o  of distances ema- 
nating from the centroid of the model and l oca l  pressure r a t i o s  obtained 
at  a 90° angle of at tack indicates  the existence of nearly constant pres- 
sure d is t r ibu t ion  over the w i n g  surface w i t h  exception of t he  t r a i l i ng -  
edge corner. Comparison with data obtained on square-, tr iangular-,  and 
circular-planform models a t  Mach numbers from 4.95 t o  8.0 indicates  
essent ia l ly  no difference between the radial-pressure distributions.  

4. The normal-force coefficient predicted by modified Newtonian 
theory agrees with the value obtained by integrat ing t h e  measured pres- 
sures a t  TO0 and U O 0  angles of attack because the higher measured pres- 
sures compensate for t he  lawer pressures resul t ing from edge r e l i e f ;  In 
the roll positions, a t  an angle of at tack of 90° the  agreement of the 
normal-force coeff ic ient  w i t h  theory i s  obtained a t  an angle of roll of 
about 16O. 

Langley Research Center, 
National Aeronautics and Space Administration, 

Langley Station, Hampton, Va., June 4, 1962. 
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Figure 2.- Photograph of model. L-61-1203 
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(a) For various angles of attack. 

Figure 4.- Pressure dis t r ibut ions along equally spaced chord l ines .  Tick 
marks indicate modified Newtonian theory. 
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(a) For various angles of attack. 

Figure 5.- Pressure dis t r ibut ions along rays pa ra l l e l  t o  the leading edge. 
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Figure 5. - Concluded. 
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(a) For various angles of attack. 

Figure 6.- Pressure dis t r ibut ions along rays para l l e l  t o  the t r a i l i n g  edge. 
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Figure 6.- Concluded. 
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Figure 7.- Radial pressure distributions emanating from the apex or i f ice .  
Tick marks indicate modified Newtonian theory. 
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